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ABSTRACT 


The  transonic  scaling  effect  of  shock  wave/boundary-layer  inter¬ 
action  on  a  quasi,  two-dimensional  C-141  airfoil  was  investigated. 

Data  were  obtained  from  the  AEDC  Propulsion  Wind  Tunnel  Facility 
Aerodynamic  Wind  Tunnel  (4T)  and  Propulsion  Wind  Tunnel  (16T)  and 
from  the  NASA  Marshall  Space  Flight  Center  High  Reynolds  Number 
Tunnel  with  6 -in.-  and  24 -in. -chord  airfoils  for  a  range  of  chord 
Reynolds  numbers  from  0.  3  to  42  million  and  Mach  numbers  from  0.  70 
to  0.  85.  In  addition  to  the  investigation  of  the  effect  of  Reynolds  num¬ 
ber  on  the  airfoil  pressure  distribution,  the  effect  of  fixed  boundary- 
layer  transition  was  evaluated  using  grit -type  transition  strips  on  the 
airfoil  surface.  The  significant  parameters  affecting  the  shock 
wave /boundary -layer  interaction  are  identified.  The  data  indicate  that 
simulation  of  higher  Reynolds  number  data  on  the  C-141  airfoil  model 
is  feasible  by  use  of  a  fixed-boundary-layer-transition  strip. 
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NOMENCLATURE 


Cp  Pressure  coefficient,  (Pjg-Pj/q 

Cp  Critical  pressure  coefficient  corresponding  to  sonic  flow  on 

the  airfoil  surface 

c  Airfoil  chord  length 

Free- stream  Mach  number 

P  Free- stream  static  pressure,  psfa 

P^  Pressure  orifices  on  lower  airfoil  surface 
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Local  surface  static  pressure,  psfa 

P|j  Pressure  orifices  on  upper  airfoil  surfaces 

q  Free-stream  dynamic  pressure,  0.  7  P  psf 

R  Free-stream  unit  Reynolds  number  per  foot 

Rc  Chord  Reynolds  number 

X,  X'  Airfoil  chordwise  dimension  (see  Figs.  3  and  4),  in. 

xs  Distance  of  normal  shock  location  on  airfoil  from  airfoil 

leading  edge,  in. 

xt  Distance  of  fixed  boundary-layer  transition  location  from 

airfoil  leading  edge,  in. 

Y,  Y'  Airfoil  spanwise  dimension  (see  Figs.  3  and  4),  in. 

Z,  Z'  Airfoil  thickness  dimension  (see  Figs.  3  and  4),  in. 

a  Airfoil  angle  of  attack  measured  as  the  angle  between  the 

centerline  of  the  test  section  and  the  airfoil  x-coordinate 
reference  line 

r  Test  section  wall  porosity,  percent  open  area 
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SECTION  I 
INTRODUCTION 


A  large  scaling  effect  on  the  phenomena  of  the  shock  wave/ boundary- 
layer  interaction  on  airfoils  in  the  transonic  regime  has  recently  been 
revealed  (Refs.  1-4).  To  study  the  phenomena,  an  adequately  high 
Reynolds  number  tunnel  is  necessary  in  order  to  obtain  full-scale  flight 
aerodynamic  data.  Until  such  a  test  facility  becomes  available,  how¬ 
ever,  the  substantial  portion  of  future  aircraft  development  testing  will 
have  to  be  conducted  in  the  low  Reynolds  number  tunnels.  Even  when 
the  Ludwieg  or  blow -down  type  of  higher  Reynolds  number  tunnels  be¬ 
come  available  in  the  near  future,  their  low  productivity  will  not  allow 
fulfillment  of  the  large  tunnel  test  hour  requirements  on  the  order  of 
10,000  to  15,000  tunnel  hours  in  the  development  of  a  modern  commer¬ 
cial  transport  (Ref.  5).  For  military  aircraft,  the  requirement  of 
tunnel  hours  may  be  even  greater  than  this  because  of  the  complexity 
of  their  missions.  Hence,  there  is  an  urgent  need  to  develop  the  simu¬ 
lation  of  high  Reynolds  number  testing  in  existing  transonic  tunnels. 


Several  methods  have  been  attempted  to  simulate  high  Reynolds 
number  conditions  in  low  Reynold  sjnumber  tunnels.  One  of  the  methods 
is  to  adjust  the  boundary- layer  thickness  by  fixing  the  transition  point 
to  a  proper  location  on  the  airfoil  (Ref.  3).  This  method  is  successfully 
applied  on  a  NASA  65-213  airfoil  (Ref.  6).  However,  it  fails  when  ap¬ 
plied  to  an  airfoil  with  a  peaky  type  of  pressure  distribution  which  in¬ 
duces  a  laminar  separation  on  the  forward  portion  of  the  airfoil  (Ref. 

7).  This  indicates  that  a  general  technique  for  application  to  all  flow 
situations  is  questionable  and  that  a  better  understanding  of  the  com¬ 
plex  shock  wave /boundary- layer  interaction  phenomena  is  needed. 

The  purpose  of  this  investigation  is  to  advance  the  basic  under¬ 
standing  of  the  phenomena  of  the  shock  wave/boundary-layer  interac¬ 
tion,  to  identify  the  significant  parameters,  and  to  determine  the  fea¬ 
sibility  of  high  Reynolds  .number  simulation. 

The  C-141  wing  and  supercritical  wing  airfoil  sections  were  chosen 
to  represent  the  wings  of  a  transport  aircraft  and  a  military  fighter,  re¬ 
spectively.  Airfoil  pressure  data  obtained  for  a  large  range  of  Reynolds 
numbers  using  two  different  size  airfoils  in  three  transonic  wind  tunnels 
are  used  to  study  the  effects  of  Reynolds  number  on  the  airfoil  pressure 
distribution  and  to  determine  the  important  parameters  which  influence 
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the  scaling  effect.  The  effects  of  fixed  boundary- layer  transition  lo¬ 
cation  are  investigated  at  various  Reynolds  numbers  to  determine  the 
applicability  of  fixed  transition  for  high  Reynolds  number  simulation. 

In  this  report,  the  results  for  the  C-  141  airfoil  are  presented  and 
analyzed,  and  scaling  criteria  are  suggested.  The  investigation  of  the 
supercritical  wing  will  be  reported  separately. 


SECTION  II 

MODELS  AND  SUPPORT  SYSTEMS 


The  investigation  was  restricted  to  a  two-dimensional  airfoil  in 
order  to  avoid  the  complicated  phenomena  in  three-dimensional  flow. 
The  end-plate  type  of  support  system  was  used  to  accommodate  the 
two-dimensional  airfoil  test.  Two  different  chord  airfoils,  6- in.  and 
24- in. ,  with  their  properly  scaled  support  system,  were  selected  to 
cover  the  wide  range  of  chord  Reynolds  numbers,  Rc,  from  0.  5  x  10® 
to  11  x  10®  in  the  Propulsion  Wind  Tunnel  Facility  Aerodynamic  Wind 
Tunnel  (4T)  and  Propulsion  Wind  Tunnel  (16T).  The  6-in.-chord 
airfoil  was  also  tested  in  the  NASA  Marshall  Space  Flight  Center 
(MSFC)  High  Reynolds  Number  Tunnel  (NASA-HRNT)  to  cover  the 
chord  Reynolds  numbers  from  6  x  10®  to  41  x  10®. 

The  sketches  showing  details  of  the  quasi,  two-dimensional  airfoil 
support  hardware  and  the  airfoil  section  for  the  6- in. -chord  airfoil  and 
the  24- in. -chord  airfoil  are  presented  in  Figs.  1  and  2  (Appendix  I), 
respectively.  Pressure  orifice  locations  for  the  6- in. -chord  airfoil 
and  the  24- in. -chord  airfoil  are  presented  in  Figs.  3  and  4,  respec¬ 
tively.  The  airfoil  model  is  a  two-dimensional  simulation  of  the  air¬ 
foil  cross  section  at  the  38.  9-percent  semispan  of  the  C-141  airplane 
as  described  in  Figs.  3  and  4.  Airfoil  section  coordinates  of  the  model 
are  presented  in  Table  1  (Appendix  II). 

The  6- in. -chord  airfoil  model  and  support  system  were  designed 
and  constructed  of  high-strength  steel  for  the  test  in  the  NASA-HRNT. 
The  maximum  cross-sectional  areas  at  planes  through  the  maximum 
thicknesses  of  the  airfoil  and  the  rear  support  hardware  are  approxi¬ 
mately  18  in.  ^  and  60  in.  respectively.  Stainless  steel,  0.066-in.  - 
I.  D.  tubes  are  embedded  in  the  upper  and  lower  surfaces  of  the  airfoil 
model  along  the  airfoil  chord,  and  five  0.  030- in.  holes  are  connected 
through  the  airfoil  surface  into  each  pressure  tube,  as  depicted  in  Fig. 
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3.  The  airfoil  model  had  provisions  for  mounting  a  static  pressure 
measuring  probe  on  the  side  of  the  end  plates,  as  shown  in  Fig.  5. 

The  24- in. -chord  airfoil  model  and  support  hardware  were  design¬ 
ed  four  times  the  scale  of  the  6- in.  chord  airfoil  model  and  support 
hardware.  The  airfoil  model  and  rear  support  were  constructed  of 
steel,  and  the  side  plates  were  constructed  of  aluminum.  Fairings 
were  used  on  the  rear  support  as  shown  in  Figs.  2  and  6  to  obtain  the 
4-times  scale  of  the  rear  support  of  the  6- in.  chord  model.  The  maxi¬ 
mum  cross-sectional  areas  at  planes  through  the  maximum  thicknesses 
of  the  airfoil  and  the  rear  support  with  fairings  are  approximately  72 
in. ^  and  240  in.^,  respectively. 


SECTION  III 

TEST  FACILITIES  AND  INSTRUMENTATION 


3.1  TUNNEL  4T 

Tunnel  4T  is  a  closed- loop,  continuous  flow,  variable  density  wind 
tunnel  capable  of  operating  at  Mach  numbers  from  0.  20  to  1.  30.  The 
tunnel  stagnation  pressure  can  be  varied  from  approximately  200  to 
3400  psfa.  The  test  section  is  4  ft.  square  and  12.  5  ft.  long  with  per¬ 
forated,  variable  porosity  (0.  5  to  10  percent)  walls.  A  photograph 
showing  the  model  installed  in  the  test  section  and  a  schematic  of  the 
test  section  showing  details  of  the  variable  porosity  walls  and  the  lo¬ 
cation  of  the  model  are  presented  in  Figs.  5  and  7,  respectively.  A 
complete  description  of  the  tunnel  may  be  found  in  Ref.  8. 


3.2  TUNNEL  16T 

Tunnel  16T  is  a  closed-loop,  continuous  flow  tunnel  capable  of  op¬ 
eration  at  Mach  numbers  from  0.  20  to  1.  60  and  at  stagnation  pressures 
from  approximately  100  to  4000  psfa.  The  test  section  is  16  ft.  square 
by  40  ft.  long  with  perforated  walls  of  6-percent  porosity.  A  schematic 
of  the  test  section  showing  wall  details  and  the  location  of  the  6- in.  - 
chord  model  and  a  photograph  showing  the  model  installed  in  the  test 
section  are  presented  in  Figs.  8  and  9,  respectively-.  The  auxiliary 
pitch  mechanism  shown  in  Figs.  8  and  9  was  used  only  as  a  sting  adap¬ 
tor,  and  not  for  pitching  the  model.  A  photograph  showing  the  model 
installed  in  the  test  section  and  a  schematic  of  the  test  section  showing 
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details  of  the  installation  of  the  24- in. -chord  model  are  presented  in 
Figs.  6  and  10,  respectively.  The  model  restraining  cables  were  at¬ 
tached  very  near  the  model  1/4- chord  location  (center-of-pitch  location) 
to  prohibit  model  translation.  A  complete  description  of  the  tunnel  may 
be  found  in  Ref.  8. 


3.3  NASA-HIGH  REYNOLDS  NUMBER  TUNNEL 

The  NASA  Marshall  Space  Flight  Center  High  Reynolds  Number 
Tunnel  is  capable  of  operating  at  charge  pressures  of  approximately 
30  to  715  psia  for  Mach  numbers  0.  2  to  2.  0.  The  tube  tunnel  has  pro¬ 
visions  for  installing  various  test  sections  and  nozzles  for  operating 
throughout  the  Mach  number  range. 

A  test  section  with  perforated  walls  of  variable  porosity  {0  to  10 
percent),  a  variable- area,  ejector  orifice  located  at  the  downstream 
end  of  the  plenum  chamber  surrounding  the  test  section,  and  a  sonic 
nozzle  are  used  to  obtain  Mach  numbers  from  0.  70  to  1.  35.  The  flow 
in  the  test  section  is  stable  for  approximately  0.  5  sec  at  these  Mach 
numbers.  A  line  drawing  of  the  test  section  showing  model  location 
and  a  photograph  showing  the  model  installed  in  the  test  section  are 
presented  in  Figs.  11  and  12,  respectively. 

3.4  INSTRUMENTATION  AND  DATA  PRECISION 

In  Tunnels  4T  and  16T  all  pressures  were  connected  to  individual 
differential  pressure  transducers.  The  analog  output  of  the  transducers 
was  digitized  and  fed  into  a  digital  computer  for  calculating  local  air¬ 
foil  pressure  coefficients. 

The  estimated  precision  of  measurements  is  as  follows: 

a  ±0.  10  deg 

M^  ±0.  003 

Cp  ±0.02  to  ±0,005  for  R  -  1  to  5  x  10®,  respectively. 

In  the  NASA-HRNT,  all  pressures  were  connected  to  24-port  scani- 
valves  through  a  fast- acting  shutoff  valve  which  trapped  a  fixed  volume 
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of  air  between  the  scanivalve  and  the  shutoff  valve.  The  analog  output 
of  the  scanivalve  differential  pressure  transducer  was  digitized  and 
punched  on  data  cards.  The  data  cards  were  fed  into  a  digital  computer- 
for  calculating  local  airfoil  pressure  coefficients.  The  pressure  range 
of  the  scanivalve  pressure  transducer  was  changed  to  measure  pressure 
ranges  from  0  to  60,  60  to  200,  and  200  to  300  psia.  The  uncertainty 
in  pressure  coefficient  is  estimated  to  be  ±0.  02.  Mach  number,  setting 
in  the  HRNT  is  a  function  of  the  calibrated  tunnel  ejector  setting,  which 
varies  with  tunnel  blockage  ratio.  The  precision  of  the  Mach  number 
setting  was  approximately  ±0.  006  for  Mach  numbers  0.  70  and  0.  75  and 
±0.  010  for  Mach  numbers  0.  80  and  0.  85.  The  variation  in  centerline 
Mach  number  distribution  was  within  ±0.  005,  based  on  a  tunnel  calibra¬ 
tion  using  a  centerline  static-pressure  measuring  tube. 


SECTION  IV 

MODEL  SUPPORT  RIG  AND  TUNNEL  WALL  INTERFERENCES 


An  airfoil  section  supported  by  finite  end  plates  allows  only  a  quasi, 
two-dimensional  flow.  Although  the  effects  of  the  finite  end  plates  on 
the  downwash  reduce  the  aspect  ratio  from  an  infinite  (truly  two- 
dimensional  flow)  to  a  finite  value,  the  chordwise  loading  is  essentially 
independent  of  spanwise  position,  and  thus  the  flow  over  the  airfoil  is 
planar.  Both  visual  observations  of  oil  flow  and  pressure  measure¬ 
ments  along  spanwise  locations  on  the  upper  surface  of  the  airfoil  model 
indicated  that  the  airflow  was  planar  over  the  airfoil  surface. 

An  investigation  was  made  during  the  test  of  the  24-in. -chord  model 
in  Tunnel  16T  to  determine  the  blockage  effects  of  the  rear  part  of  the 
support  rig  which  supports  the  end  plates  and  airfoil  section.  The  fair¬ 
ings  (see  Fig.  2)  were  removed  from  the  support  cross  member  and 
central  body  to  reduce  blockage.  Data  obtained  with  and  without  the 
fairings  are  compared  in  Figs.-  13  and  14  for  Mach  numbers  0.  80  and 
0.  85,  respectively.  The  figures  indicate  that  for  most  flow  conditions 
the  differences  in  data  between  the  normal  and  small- size  support  are 
negligible.  However,  it  should  be  noted  that  all  subsequent  data  were 
obtained  with  the  normal- size  support  and  are  under  the  same  effects 
of  support  blockage  as  the  data  obtained  in  Tunnel  4T. 

To  avoid  the  masking  of  Reynolds  number  effects  by  wall  interfer¬ 
ence,  porosity  of  the  test  section  walls  for  Tunnel  4T  was  set  based  on 
data  obtained  with  the  6- in. -chord  model  in  Tunnel  16T.  The  blockage 
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ratio  for  the  model  in  Tunnel  16T  was  0.  043  percent,  and  the  data  may 
be  reasonably  assumed  as  near  interference-free.  The  blockage  ratio 
of  the  model  in  Tunnel  4T  was  0.  69  percent.  A  comparison  of  Tunnel 
4T  and  16T  data  showing  the  effects  of  wall  porosity  is  presented  in 
Fig.  15.  The  pressure  coefficients  for  the  upper  surface  are  shown 
with  open  symbols,  and  those  for  the  lower  surface  are  shown  with 
solid  symbols.  A  wall  porosity  of  6.  5  percent  was  chosen  as  the  best 
setting  for  near- interference-free  data  and  was  used  for  all  subsequent 
testing  of  the  airfoil  model. 

The  blockage  ratio  of  the  model  in  the  NASA-HRNT  was  2.  4  per¬ 
cent,  and  the  wall  interference  was  expected  to  be  large.  Several  cali¬ 
bration  runs  for  various  wall  porosities  were  conducted  in  the  NASA- 
HRNT  to  match  near- interference-free  data  obtained  in  Tunnel  16T. 
Results  indicated  that  the  pressure  data  were  insensitive  to  the  wall 
porosity  above  7-percent  opening.  The  data  could  not  be  matched  to 
the  near- interference-free  data  by  adjusting  the  wall  porosity  of  the 
NASA-HRNT.  The  7-percent  wall  porosity  was  chosen  for  the  whole 
test  program.  It  should  be  noted  that  wall  interference  is  negligible 
in  the  NASA  tunnel  at  subcritical  flow  conditions.  Although  wall  inter¬ 
ferences  existed  at  supercritical  flow  conditions,  the  data  are  present¬ 
ed  to  show  trends  with  Reynolds  number  variations. 


SECTION  V 

RESULTS  AND  DISCUSSION 


In  the  present  section,  the  primary  considerations  are  the  effects 
of  Reynolds  number  on  free  and  fixed  boundary- layer  transition  within 
the  region  of  subcritical  and  supercritical  flow  on  a  quasi,  two- 
dimensional  airfoil  model. 


5.1  REYNOLDS  NUMBER  EFFECTS 

5.1.1  Subcritical  Flow 

For  subcritical  flow  conditions,  the  Reynolds  number  effects  are 
negligible  from  6  to  32  million  in  the  NASA-HRNT  at  Mffl  =  0.  7  and 
0.  75  for  free  transition  and  are  shown  by  a  single  set  of  data  in  Figs. 
16  and  17,  respectively.  A  similar  conclusion  may  be  found  from  the 
data  obtained  in  Tunnels  4T  and  16T  for  Rc  =  0.  3  to  2.  6  million  and 
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Rc  =  1  to  10  million,  respectively.  Furthermore,  it  may  be  seen  in 
Figs.  16  and  17  that  these  three  sets  of  data  obtained  from  three  differ¬ 
ent  tunnels  show  good  agreement  in  the  different  ranges  of  Reynolds 
numbers. 

The  reason  for  the  negligible  effects  of  Reynolds  number  is  that 
there  is  no  shock  wave  appearing  in  the  purely  subsonic  flow  field  and 
the  phenomena  of  the  shock  wave/boundary-layer  interaction  is  absent. 
AlthouglrTthe  characteristics  of  the  boundary  layer  are  changed  as  the 
Reynolds  number  varies,  the  influence  is  very  limited.  The  free- 
transition  locations  on  the  model  vary  with  Reynolds  number  in  the  dif¬ 
ferent  tunnels,  which  have  different  tunnel  turbulence  levels  and  noise 
levels.  However,  the  effect  is  restricted  to  skin  friction  in  the  attach¬ 
ed  flow  with  corresponding  negligible  effects  on  the  pressure  distribu¬ 
tion  on  the  airfoil.  Hence,  it  is  reasonable  to  assume  that  scaling  ef¬ 
fects  in  the  subcritical,  attached-flow  regime  are  negligible. 

5.1.2  Supercritical  Flow 

For  supercritical  flow  conditions,  attached  flow  and  flow  with  rear 
(trailing  edge)  separation  were  typical.  The  shock  wave  interaction 
with  the  laminar  as  compared  to  the  turbulent  boundary  layer  gives  a 
completely  different  shock  wave  pattern  and  pressure  distribution  on 
the  airfoil  (Ref.  9).  In  the  laminar  interaction,  two  or  more  upstream- 
inclined  shock  waves  appear,  as  shown  in  the  sketch  below.  The  local 
flow  is  reduced  from  supersonic  to  subsonic  velocity  as  it  crosses  the 
most  rearward  shock  of  the  series  of  shock  waves.  The  location  of 
this  rearward  shock  is  selected  as  representative  of  the  main  flow  fea¬ 
ture.  This  corresponds  to  the  single,  nearly  normal  or  downstream- 
inclined  shock  wave  in  the  turbulent  interaction  case.  In  both  cases, 
a  large  pressure  gradient  occurs  in  the  neighborhood  of  the  shock  wave. 
This  steep  pressure  change  is  the  primary  cause  of  local  and  rear  sep¬ 
arations.  The  lifting-  and  pitching- moment  coefficients  of  the  airfoil 
depend  on  the  location  of  the  shock  wave.  Hence,  the  shock  wave  lo¬ 
cation  will  be  used  to  examine  the  effects  of  Reynolds  number  in  the 
later  sections. 

The  pressure  distributions  on  the  airfoil  for  supercritical  flow  at 
M,,,  =  0.  8  are  shown  in  Fig.  18  for  various  angles  of  attack.  Data  ob¬ 
tained  from  Tunnel  4T  and  NASA-HRNT  on  the  6- in.  airfoil  and  from 
Tunnel  16T  on  the  24- in.  airfoil  cover  the  Reynolds  number  range 
from  0.  3  to  41.  7  million.  The  pressure  data  at  =  0.  8  indicate  no 
rear  separation  for  angles  of  attack  of  -2,  0,  or  2  deg.  The  movement 
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Surface  Pressure  Distribution  and  Shock  Wave 
Pattern  in  Laminar  Boundary- Layer  Interaction 


of  the  shock  wave  on  the  upper  surface  with  the  variation  in  Reynolds 
number  is  within  10  percent  of  the  airfoil  chord  length. 

For  the  higher  chord  Reynolds  numbers,  the  pressure  distributions 
indicate  that  boundary- layer  separation  occurred  aft  of  the  airfoil  shock 
location  for  angles  of  attack  of  5.  3  deg  on  the  6- in. -chord  model  in  Tun¬ 
nel  4T  and  4  deg  on  the  24-in.-chord  model  in  Tunnel  16T.  This 
phenomenon  is  associated  with  the  difference  in  tunnel  transition 
Reynolds  number  characteristics,  which  will  be  explained  in  a  later 
section  of  this  report. 
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For  laminar  interaction,  the  negative  peak  pressure  is  not  as  high 
as  that  for  the  turbulent  case.  Two  or  more  shock  waves  in  the  flow 
make  the  surface  pressure  change  gradually,  except  at  the  neighborhood 
of  the  rearward  shock,  which  has  a  large  pressure  gradient.  As  Rey¬ 
nolds  number  increases,  the  transition  point  moves  upstream  of  the 
shock  wave,  and  the  turbulent  interaction  with  the  familiar  steep  pres¬ 
sure  increase  becomes  predominant. 

The  effects  of  Reynolds  number  on  the  shock  wave  location  are 
summarized  in  Fig.  19.  The  shock  wave  moves  forward  with  increas¬ 
ing  Reynolds  number  for  the  laminar  interaction  conditions.  This  is 
evident  in  Fig.  19  for  Rc  =  0.  3  to  2.  0  million.  When  the  turbulent  in¬ 
teraction  occurs,  the  shock  wave  moves  rearward  with  increasing  Rey¬ 
nolds  number  greater  than  Rc  =  2.  0  million  for  -2  deg  <  o>  <  2  deg. 

Data  from  the  NASA-HRNT  at  zero  angle  of  attack  indicate  the  slow 
trend  of  the  shock  wave  movement  toward  the  trailing  edge  with 
increasing  Reynolds  numbers  above  about  6  million. 

The  disparity  between  data  obtained  in  Tunnel  16T  with  the  24-in.  - 
chord  model  and  that  obtained  in  Tunnel  4T  with  the  6 -in. -chord  model 
could  be  the  effect  of  the  differences  in  transition  Reynolds  number 
characteristics  of  the  two  tunnels.  A  transition  Reynolds  number  in¬ 
vestigation  (Ref.  11)  was  conducted  in  the  two  tunnels  using  a  10-deg 
cone  model.  The  results  of  that  investigation  indicated  that  Tunnel  4T 
had  a  lower  transition  Reynolds  number  for  the  lower  unit  Reynolds 
numbers  and  approached  that  of  Tunnel  16T  as  unit  Reynolds  number 
was  increased.  This  would  indicate  that  the  data  obtained  in  Tunnel  4T 
are  in  reality  for  bound  ary -layer  transition  locations  of  higher  effective 
chord  Reynolds  number  conditions.  Shifting  the  Tunnel  4T  data  in 
Fig.  19  to  higher  chord  Reynolds  numbers  would  result  in  closer  agree¬ 
ment  with  the  Tunnel  16T  data. 

5.1.3  Supercritical  Flow  with  Rear  Separation 

Rear  separation  is  indicated  by  an  insufficient  pressure  recovery 
at  the  upper- surface  trailing  edge  of  the  airfoil.  As  shown  in  Fig.  20 
for  Mffl  =  0.  85,  rear  separation  exists  for  most  higher  Reynolds  num¬ 
bers  at  angles  of  attack  of  2  deg  and  greater.  The  movement  of  the 
shock  wave  on  the  upper  surface  under  these  conditions  has  a  range  of 
15  percent  of  the  chord  length.  This  large  movement  of  the  shock  wave 
contrasts  with  the  attached  flow  at  M„  =  0.  8  and  is  attributed  to  the  rear 
separation  of  the  boundary  layer. 
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The  effects  of  Refolds  number  on  the  shock  wave  location  for  the 
M,,,  =  0.  85  case  are  summarized  in  Fig.  21.  The  trends  are  similar  to 
those  obtained  at  =  0.  8.  In  the  case  of  laminar  interaction,  the 
shock  wave  moves  forward  as  Reynolds  number  increases  from  Rc  = 

0.  3  to  1.  6  million.  After  the  turbulent  interaction  appears,  the  shock 
wave  moves  rearward  slowly  with  increasing  Reynolds  number  up  to 
Rc  =  30  million. 

The  disparity  between  the  data  of  Tunnels  16T  and  4T  at  the  same 
chord  Reynolds  number  for  Ma  =  0.  85  is  more  pronounced  than  that  for 
=  0.  8.  As  mentioned  before,  the  two  tunnels  have  different  transi¬ 
tion  Reynolds  number  characteristics,  and  hence  the  characteristics  of 
the  boundary  layer  at  the  shock  wave  are  different.  Also,  the  degree  of 
rear  separation  is  different  for  the  two  tunnels.  For  example,  the  rear 
separation  in  Tunnel  4T  for  Rc  =  2.  6  x  10®  is  more  severe  than  that  in 
16T,  as  shown  in  Figs.  20c  and  d. 


5.2  TRANSITION  STRIP  EFFECTS 

The  pressure  data  presented  in  the  previous  paragraphs  were  ob¬ 
tained  for  the  natural-transition  condition.  The  natural- transition  lo¬ 
cation  is  determined  by  the  tunnel  noise,  the  tunnel  turbulence  level, 
and  the  unit  Reynolds  number.  Data  discussed  here  were  obtained  for 
various  fixed-transition  strips.  The  width  of  the  strips  was  1/8  in. 
for  both  the  6- in.  and  the  24- in.  airfoils.  The  sizes  of  the  carborun¬ 
dum  transition  strips  chosen  based  on  Ref.  10  criteria  were  Grit  No. 
120  and  Grit  No.  80  for  the  6- in.  and  24- in.  airfoils,  respectively. 

The  strips  change  the  characteristics  of  the  boundary  layer  and  hence 
the  interaction  pattern  with  the  shock  wave.  The  gross  effects  of  the 
transition  strip  on  the  pressure  distribution  will  be  discussed  below 
for  the  upper  surface  only. 

5.2.1  Subcritical  Flow  for  Fixed  Transition 

As  indicated  previously,  the  subcritical  flow  pattern  is  insensitive 
to  the  characteristics  of  the  boundary  layer  and  hence  to  the  variation 
of  Reynolds  number.  Similarly,  the  effects  of  transition  location  are 
also  negligible  since  the  transition  strip  is  only  a  mechanism  to  fix  the 
transition  location  artifically  and  to  change  the  characteristics  of  the 
boundary  layer. 
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5.2.2  Supercritical  Flow  For  Fixed  Transition 

Data  on  the  6- in.  airfoil  were  obtained  with  the  transition  strips 
fixed  at  17.  5-,  32.  5-,  and  47.  5-percent  chord  positions.  Data  on  the 
24-in.  airfoil  were  obtained  with  the  transition  strip  fixed  at  the  17.  5- 
percent  chord  location  only. 

The  pressure  data  at  =  0.  8  shown  in  Fig.  22b  were  obtained  at 
various  fixed-transition  locations  in  the  range  of  Reynolds  numbers  be¬ 
tween  0.  3  and  10.  2  million.  In  Tunnel  4T,  all  of  the  fixed-transition 
cases  were  tripped  into  a  turbulent  boundary  layer  upstream  of  the 
shock  wave  except  for  Rc  =  0.  3  and  0.  5  million,  where  the  laminar 
boundary  layer  is  too  thick  to  be  tripped  effectively  by  the  strip.  Sim¬ 
ilarly,  data  obtained  in  Tunnel  16T  on  the  24- in.  airfoil  at  Rc  =  1  x  10® 
indicate  that  the  boundary  layer  remained  laminar  downstream  to  the 
shock  wave  location. 

The  movement  in  shock  wave  location  with  variations  in  Reynolds 
number  for  a  given  fixed  transition  exhibits  a  trend  similar  to  that  of 
natural  transition,  as  shown  in  Fig.  23.  The  shock  wave  moves  for¬ 
ward  for  Rc  less  than  2  x  10®  but  moves  rearward  slightly  for  Rc 
greater  than  2x10®  for  angles  of  attack  of  less  than  2  deg.  The  lim¬ 
ited  data  for  a  =  4  and  5.  3  deg  also  exhibit  this  trend. 

The  pressure  distributions  on  the  upper  surface  at  =  0.  85 
shown  in  Fig.  24  are  for  various  fixed-transition  locations  in  the  range 
of  Reynolds  numbers  between  0.  3  and  10.  2  million.  In  several  cases 
such  as  Rc  =  1.  0  x  10®  in  Tunnel  16T,  the  boundary  layer  remains 
laminar  at  the  foot  of  the  shock  wave  due  to  the  ineffectiveness  of  the 
transition  strips.  For  all  instances  of  shock  wave/ turbulent  boundary- 
layer  interaction,  the  trailing- edge  pressure  exhibits  good  recovery 
with  little  or  no  indication  of  trailing- edge  separation.  The  variations 
in  shock  wave  location  for  different  Reynolds  numbers  are  shown  in 
Fig.  25.  The  general  trend  is  similar  to  that  for  =  0.  8. 


5.3  HIGH  REYNOLDS  NUMBER  SIMULATION 

The  aerodynamic  phenomena  of  the  shock  wave/boundary-layer  in¬ 
teraction  on  the  C-141  airfoil  have  been  discussed  in  the  preceding 
paragraphs.  Specifically  mentioned  have  been  scaling  effects  of  Rey¬ 
nolds  number  and  effects  of  transition  strips.  The  complete  simulation 
of  all  details  of  the  flow  field  is  not  possible,  since  the  characteristics 
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of  boundary- layer  growth  depend  on  unit  Reynolds  number.  However, 
satisfactory  equivalence  in  the  overall  effects  producing  the  same  net 
results  given  by  the  fixed-transition  strips  was  achieved  for  the  pres¬ 
ent  test  of  the  C-141  airfoil,  and  this  demonstrates  the  feasibility  of 
using  low  Reynolds  number  tests  in  existing  tunnels  for  high  Reynolds 
number  simulation  on  this  type  of  airfoil. 

The  variation  in  shock  wave  location  on  the  quasi,  two-dimensional 
C-141  airfoil  is  limited  to  the  range  of  15-percent  chord,  as  shown  in 
Figs.  19  and  21.  The  fixed-transition  strips  are  able  to  trip  the  bound¬ 
ary  layer  into  a  turbulent  boundary  layer  upstream  of  the  shock  location 
and  sustain  a  positive  pressure  recovery  aft  of  the  shock  location.  Two 
flow  conditions  given  below  demonstrate  the  simulation.  For  =  0.  8, 
a  -  0,  the  shock  wave  location  at  high  Reynolds  number  (near  40  million) 
may  be  duplicated  on  the  6- in.  model  with  a  transition  strip  at  the  17.  5- 
percent  chord  location  and  an  Rc  of  about  1  x  10®.  For  =  0.  85, 
o  =  0,  duplication  with  fixed  transition  at  the  32.  5 -percent  chord  location 
and  an  Rc  of  about  0.  6  x  10®  is  possible. 

The  flow  pattern  and  surface  pressure  depend  largely  upon  the 
characteristics  of  the  boundary  layer  in  the  neighborhood  of  the  shock 
wave  and  at  the  trailing  edge.  Also,  the  rear  separation  dominates 
the  shock  wave  location  and,  consequently,  the  pressure  distribution 
over  all  the  airfoil.  Hence,  the  simulation  of  the  flow  field  should  at¬ 
tempt  to  match  both  the  trailing- edge  condition  and  the  shock  wave  lo¬ 
cation  for  high  Reynolds  number. 


SECTION  VI 

CONCLUDING  REMARKS 


The  pressure  distributions  on  the  6-  and  24-in.-chord  models  of  the 
C-141  airfoil  were  obtained  in  the  range  of  Reynolds  numbers  from  0.3 
to  41  million  at  Mach  numbers  0.  7,  0.  75,  0.  8,  and  0.  85  and  at  angles 
of  attack  of  a  =  -2,  0,  2,  4,  and  5.  3  deg.  Two  typical  flows  existed  on 
the  model:  the  subcritical  flow,  which  had  no  local  supersonic  Mach 
number,  and  the  supercritical  flow,  which  had  a  supersonic  flow  region 
embedded  in  a  subsonic  flow  field.  The  subcritical  flow  was  insensitive 
to  Reynolds  number  variations,  indicating  little  or  no  scaling  effects. 
The  effects  of  fixed  transition  on  the  pressure  distribution  in  the  sub¬ 
critical  flow  also  were  negligible. 
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For  the  supercritical  flow  condition,  the  pronounced  differences  in 
the  shock  wave  pattern  and  surface  pressure  depended  upon  whether  the 
boundary  layer  was  laminar  or  turbulent  at  the  shock  location.  The 
difference  of  the  shock  wave  location  is  very  pronounced  between 
the  separated  and  attached  flows  at  the  trailing  edge. 

For  the  smooth  configuration,  the  natural  transition  point,  which 
is  determined  by  the  tunnel  flow  quality  (i.  e.,  noise,  turbulence  level, 
and  unit  Reynolds  number),1  is  equally  as  important  a  factor  for  the 
flow  field  as  is  the  chord  Reynolds  number.  In  order  to  match  the  flow 
field,  both  transition  location  and  chord  Reynolds  number  should  be 
matched  simultaneously  for  different  models  in  different  tunnels. 

The  effectiveness  of  a  grit-type  transition  strip  in  fixing  transition 
point  depends  on  the  size  of  grit,  tunnel  unit  Reynolds  number,  and  the 
location  of  the  grit  with  respect  to  the  leading  edge.  Although  a  guide¬ 
line  in  the  selection  of  grit  is  available  in  the  literature,  a  choice  of 
transition  location  is  not  yet  predictable.  A  systematic. study  seems 
necessary  for  the  determination  of  transition  location  by  artifically 
fixing  transition. 

The  details  of  the  flow  characteristics  cannot  be  expected  to  match 
completely  for  subscale  simulation.  Furthermore,  the  results  of  this 
study  on  the  C-141  airfoil  indicate  that  the  high  Reynolds  number  {10 'O 
tests  are  not  necessarily  better  than  the  low  Reynolds  number  tests 
unless  they  are  close  to  the  full-scale  flight  value.  Nevertheless,  the 
approximate  gross  effects  can  be  simulated.  The  procedure  for  scaling 
high  Reynolds  number  data  is  proposed  as  follows: 

1.  Obtain  sample  data  for  the  airfoil  using  existing  low- 
productive,  high  Reynolds  number  test  facilities. 

2.  Compare  the  sample  data  to  previously  established 
data  for  airfoils  with  a  similar  class  pressure  dis¬ 
tribution  (e.g.,  a  roof-type  or  peaky- type  pressure 
distribution)  and  determine  whether  the  scaling  tech¬ 
nique  used  during  that  test  is  applicable  or 

3.  Using  the  sample  data  as  a  master,  test  the  model 
in  a  high-productive,  low  Reynolds  number  test 
facility,  and  establish  the  simplest  means  of  ad¬ 
justing  shock  location  through  boundary- layer 
transition  adjustment. 
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The  simplest  method  available  to  modify  the  boundary  layer  is  that 
using  the  grit-type  boundary- layer  trip,  which  worked  well  on  the  C-141 
airfoil.  There  are  several  other  techniques  available,  such  as  vortex 
generator,  model  cooling,  and  powered  boundary- layer  control  systems  - 
blowing  or  suction  slots.  It  is  recommended  that  the  simplest  means 
of  modifying  the  boundary  layer  be  taken  first  and  then  some  other 
boundary -layer  control  device  used  to  adjust  the  flow  until  the  flow 
field  is  simulated. 

Another  approach  would  be  to  calculate  the  airfoil  flight  Reynolds 
number  characteristics  such  as  shock  wave  location,  surface  pressure 
distribution,  normal-force  and  pitching- moment  coefficients,  and 
boundary- layer  characteristics.  Some  means  are  required  to  adjust 
shock  location  through  boundary-layer  control  devices  to  modify  the 
flow  until  the  flow  field  is  simulated  as  predicted.  The  complexity  of 
work  involved  with  this  approach  makes  it  apparent  that  a  detailed 
study  for  predicting  airfoil  surface  pressure  distributions,  including 
viscous  effects,  is  urgently  needed. 
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Fig.  1  Details  of  6-ia -Chord  Airfoil  Model  Support  Hardware 
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NOTE 

1)  ALL  DIMENSIONS  IN  INCHES 

2)  DASHED  LINES  SHOW 
REMOVABLE  FAIRINGS 


Fig.  2  Details  of  24-in.-Chord  Airfoil  Model  Support  Hardware 
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AIRFOIL  PROFILE  AT  38.9-PERCENT  SEMI. SPAM 
OF  THE  SWEPT  WING  ON  THE  C-I4I  AIRPLANE 
(St*  Note  2) 
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EMBEDDED  IN  WING  MODEL  (Typicol  For  Eocii  Wing 
PrtMurt  Meosuremenl  > 


NOTE:  I.  ALL  DIMENSIONS  IN  INCHES 

2.  DIMENSIONS  X  FOR  THE  AIRFOIL 
MOOEL  ARE  0  9153  OF  THE  SWEPT 
DIMENSION  X'.Z  AND  Z'  DIMENSIONS 
ARE  IDENTICAL. 
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Fig.  3  Pressure  Orifice  Location  and  Airfoil  Simulation  Details  on  6-in.-Chord  Airfoil  Model 
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PITCH  TUNNEL  STATIONS  IN  INCHES 


Fig.  7  Tunnel  4T  Test  Section  Showing  6-in.-Chord  Airfoil  Model  Location 
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Tunnel  16T  Test  Section  Showing  6-in. -Chord  Airfoil  Model  Location 
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Fig.  10  Tunnel  16T  Test  Section  Showing  24-in.-Chord  Airfoil  Model  Location 
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ALL  DIMENSIONS  IN  INCHES 


Fig.  11  Test  Section  of  Marshall  Space  Flight  Center  High  Reynolds  Number 
Tunnel  Showing  6-in.-Chord  Airfoil  Model  Location 


Fig.  12  Photograph  of  6-in.-Chord  Airfoil  Model  Installation  in  Marshall  Space  Flight  Center 
High  Reynolds  Number  Tunnel 
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Fig.  13  Effect  of  Support  Blockage  on  the  Upper-Surface  Pressure  Distribution 
of  the  24-in.-Chord  Airfoil  Model  in  Tunnel  16T  at  M„  =  0.80  and 


a  =  -2  to  4  deg 


Fig.  15  Concluded 
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x/c 


a.  Upper  Surface 

Fig.  16  Typical  Pressure  Distribution  on  the  Airfoil  Models  in  All  Tunnels 
for  All  Variations  in  xt/c  and  Rc  at  =  0.70  and  a  =  -2 
to  5.25  deg 
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x/e 

b.  Lower  Surface 
Fig.  16  Concluded 
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a.  Upper  Surface 

Fig.  17  Typical  Pressure  Distribution  on  the  Airfoil  Models  in  All  Tunnels 
for  All  Variations  in  x,/c  and  Rc  at  M.,,  =  0.75  and  a  =  -2 
to  5.25  deg 
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b.  Lower  Surface 
Fig.  17  Concluded 
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c.  a  =  2  deg 
Fig.  18  Continued 
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d.  a  -  4  deg 
Fig.  18  Concluded 
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Fig.  19  Summary  of  Effect  of  Reynolds  Number  on  the  Shock  Wave  Location  of  the 
Upper  Surface  at  IVL  =  0.8  and  a  =  -2  to  5.3  deg 
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imber  on  the  Pressure  Distributions 
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Fig.  21  Summary  of  Effect  of  Reynolds  Number  on  the  Shock  Wave  Location  of  the  Upper  Surface 
at  =  0.85  and  a  =  -2  to  5.3  deg 
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d.  a  =  5.3  deg 
Fig.  22  Concluded 
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d.  a  =  5.3  deg 
Fig.  24  Concluded 
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Fig.  25  Summary  of  Effect  of  Fixed-Transition  Location  on  the  Shock  Wave  Position  of  the  Upper 
Surface  at  M„  =  0.85  and  a  =  -2  to  5.3  deg 
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TABLE  I 

AIRFOIL  SECTION  CORRDINATES 
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